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Abstract: As a cost-effective and versatile solution, small satellites are increasingly being
considered for space exploration. However, one of the major challenges in deploying small
satellites for high total impulse missions, particularly deep space exploration, lies in the
propulsion system. These missions face strict constraints in terms of volume, mass, and
power budgets. This paper proposes a potential solution to this issue through the design
of a bipropellant MEMS thruster. Simulation results indicate that this type of thruster
offers superior performance compared to the monopropellant propulsion systems typically
used in small satellite missions. Specifically, the bipropellant MEMS thruster demonstrates
enhanced specific impulse and thrust-to-weight ratio, making it a promising alternative for
small satellite propulsion in high total impulse missions.

Keywords: MEMS propulsion; small satellites; green propellant; low-thrust propulsion;
spacecraft design

1. Introduction
Micro–Electro-Mechanical System (MEMS) thrusters are gaining increasing attention

due to the growing demand for small satellites in space exploration [1–4]. Small satellites,
particularly CubeSats and other small form-factor spacecraft, are designed with strict limita-
tions on mass, volume, and financial budgets. These constraints pose significant challenges
for propulsion system integration, as traditional and electric propulsion technologies tend
to be bulky, power-hungry, and costly [5,6]. MEMS thrusters, manufactured using MEMS
technology—a process similar to integrated circuit production—offer several key advan-
tages, including mass production capabilities, compact size, and low mass, making MEMS
thrusters highly suitable for small satellite missions [7,8].

The application of MEMS fabrication techniques provides several distinct benefits.
MEMS thrusters have a high thrust-to-weight ratio due to their lightweight design, and
they are cost-effective to produce, thanks to their suitability for mass production [9,10].
Bipropellant MEMS thrusters particularly benefit from MEMS technology because they
offer high thrust per unit area while enabling complex structural designs. For the same
thrust, the thrust chamber of a bipropellant MEMS thruster is much smaller than that of
monopropellant or electric thrusters. This advantage becomes even more significant for
low-thrust applications (below 1 N), which are common for CubeSats. Since CubeSats
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generally have standardized frames, the volume of subsystems is a critical factor. A smaller
thruster saves valuable space, allowing for more propellant or payload, thus extending
the satellite’s operational lifetime with more fuel or enabling additional functionality with
extra payload.

In addition, MEMS-based bipropellant thrusters offer a power advantage compared
to electric thrusters. While electric propulsion systems, such as Hall thrusters, offer much
higher specific impulse, they require substantial power. For example, a 0.08 N Hall thruster
developed by SERAN Systems demands 1350 W of power, which places considerable
constraints on small satellite power budgets [11]. In contrast, a bipropellant MEMS requires
peak power only during ignition, allowing the satellite to allocate a larger portion of its
power budget to the mission itself.

Since the 1990s, MIT has been developing bipropellant MEMS thrusters powered
by hydrogen and oxygen [12]. At the time, the thrust-to-weight ratio of these thrusters
reached 85:1 and could exceed 1000:1 with a power density of 400 W/m2 under full
design conditions—figures that are almost impossible to achieve with traditional large-
scale rockets. For comparison, this performance is nearly 100 times greater than that of the
LEROS 1b thruster, which powers NASA’s Juno deep space probe. However, hydrogen
and oxygen require cryogenic storage and pose additional challenges, such as the corrosive
nature of liquid hydrogen [13,14]. These factors necessitate a complex and heavy propellant
tank, which contradicts the size and weight constraints of small satellites. To better suit
small satellite missions, new propellant combinations must be explored. Ethane (C2H6)
and nitrous oxide (N2O), recognized as “green propellants”, offer promising alternatives
due to their favorable performance and easier storage conditions [15]. Thus, a bipropellant
MEMS thruster using ethane–nitrous oxide (C2H6-N2O) is proposed, and its performance
is analyzed through simulation methods.

Preliminary simulation results suggest that reducing the engine size while maintaining
constant chamber pressure leads to an increased thrust-to-weight ratio. Thrust is propor-
tional to the throat area, while the engine weight scales with its volume. For ideal scaling,
the ratio of the throat area to the overall volume increases as the engine size decreases.
However, if traditional manufacturing methods are used, the cost of producing a smaller
engine may not decrease proportionally compared to a full-size engine, and performance
may not scale optimally. Previous research indicates that the thrust-to-weight ratio de-
creases as the engine volume decreases. This is where MEMS fabrication plays a critical
role—as propulsion systems and spacecraft continue to shrink, the mass and volume sav-
ings from MEMS become increasingly significant. The performance of MEMS thrusters,
particularly in terms of thrust-to-weight ratio, has already approached or even surpassed
that of large-scale engines used for launch vehicles, making thrust-to-weight ratios above
1000 theoretically achievable for small thrusters.

2. Baseline Design
2.1. Concept and Propellant Selection

Silicon carbide (SiC) is selected as the fabrication material for the thruster due to its
advanced thermo-mechanical properties, positioning it as a next-generation MEMS material.
Compared to silicon, which is the most commonly used material in MEMS devices today,
SiC offers superior performance in high-temperature and high-stress environments. With a
melting point around 3000 K and a failure stress of approximately 400 MPa at 300 K [16,17],
SiC can withstand the extreme temperatures and pressures encountered during combustion.
As a result, the thruster can be fabricated using less material and without the need for an
extensive cooling system, while still maintaining the robustness required for demanding
operational conditions. The properties of Silicon and Silicon Carbide can be found in Table 1.
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Table 1. Properties of material candidates for MEMS systems [12,18,19].

Properties Si SiC

Thermal Expansion Coefficient, ×10−6 2.6 4
Young’s Modulus, GPa 170 400

Thermal Conductivity, W/(m·K) 148 100
Failure Stress at ~300 K, MPa 300 400

Melting Point, ◦C 1410 2730

To meet the stringent volume and mass constraints of small satellites, the propulsion
system must be as simple and compact as possible. This is primarily achieved by employing
simplified propellant feed systems, such as self-pressurized or gas-pressurized feed systems.
For the propellants, both the fuel and oxidizer must be sufficiently stable to avoid overly
complex propellant tanks designed to maintain cryogenic conditions, containment, or other
specific requirements. Additionally, the propellant mixture should be easy to vaporize and
ignite, which reduces the performance demands on the pre-heater and ignition systems [12,20].

For all these reasons, ethane (C2H6) and nitrous oxide (N2O) are selected as the fuel
and oxidizer for the propulsion system. These two propellants are considered green pro-
pellants due to their environmentally friendly combustion products, low toxicity, and
favorable storage characteristics. When stored separately, ethane and nitrous oxide exhibit
stable physical and chemical properties, minimizing the risks of deterioration, corrosion,
or spontaneous combustion during long-term storage. At a storage temperature of 25 ◦C,
ethane has a saturation pressure of approximately 42 bar, while nitrous oxide has a sat-
uration pressure of about 56 bar. These similar storage conditions allow for the use of a
common bulkhead (CBH) tank. Since the thruster operates as a self-pressurized system, the
pressure and thrust performance will gradually decrease as the working fluid is consumed.
The initial operating pressure is set at 15 bar, with an oxidizer-to-fuel (O/F) ratio of 4, corre-
sponding to a fuel-rich design. This choice is made to reduce the combustion temperature,
extend the thruster’s lifetime, and minimize the need for an additional cooling system.

The performance of the system was initially predicted using the CEARUN program,
with combustion pressure and expansion ratio as input parameters. While the program
considers chemical equilibrium, the results reflect an idealized combustion scenario based
on the chosen parameters. All coefficients are listed in Table 2.

Table 2. Propellant profile and predicted performance (at 15 bar and O/F = 4).

Composition Fractions in CEARUN Corrected Fractions
in the Equation

Ethane, C2H6 / 145
Nitrous Oxide, N2O / 396

Methane, CH4 0.00360 4
Carbon Oxide, CO 0.19412 216

Carbon Dioxide, CO2 0.06278 70
Hydrogen Atom, H 0.00000 0

Hydrogen Cyanide, HCN 0.00000 0
Hydrogen, H2 0.34728 387

Water, H2O 0.03626 40
Ammonia, NH3 0.00001 0

Nitric Oxide, NO 0.00000 0
Nitrogen, N2 0.35594 396

Oxygen Atom, O 0.00000 0
Hydroxide Radical, OH 0.00000 0
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Based on these results, the combustion reaction can be simplified as follows:

145C2H6 + 396N2O = 4CH4 + 216CO + 70CO2 + 387H2 + 40H2O + 396N2, (1)

Table 3 shows that the precision of this equation simplification is sufficiently acceptable.

Table 3. Comparison of Products Fractions between CEARUN and Deducted Equation.

Composition Fractions in CEARUN Corrected Fractions
in the Equation

CH4 0.00360 0.00359
CO 0.19412 0.19407
CO2 0.06278 0.06289
H2 0.34728 0.34771

H2O 0.03626 0.03594
N2 0.35594 0.35580

The coefficients and fractions would be the reference for analyzing the CFD simulation.
The detailed analysis is explained in Section 3.1.

2.2. Influence of MEMS Structure

Figure 1 illustrates a typical production process of a MEMS. A MEMS consists of
multiple layers, with circuits and other structures integrated into each layer. These layers
are typically fabricated using etching techniques, which result in a fixed notch width. As a
result, it is not feasible to fabricate a complete Laval nozzle or a cylindrical channel extend-
ing from the inlet to the outlet on a single layer. Consequently, the segmented surfaces of
the system are usually aligned parallel to the fluid flow. Due to this unique manufacturing
process, the chamber and nozzle of a MEMS propulsion system are more likely to take
the form of a rectangular channel rather than the cylindrical channel typically found in
conventional rocket engines. While the top view of the thruster retains the shape of a Laval
nozzle, the cross-sectional geometry at any given point is rectangular. The entire thruster is
divided into layers, with each layer incorporating different components of the system, such
as the propellant channels, combustion chamber, nozzle, and propellant injectors.
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Figure 1. MEMS manufacturing process [21]. Figure 1. MEMS manufacturing process [21].

The injectors are positioned on the lateral walls of the combustion chamber, arranged
in alternating parallel lines of the fuel and the oxidizer. These injectors are designed so
that those on opposite walls inject different propellants in a way that each fuel jet aligns
with and impinges on an oxidizer jet from the opposite wall, and vice versa. From a
manufacturing perspective, this design is compatible with MEMS fabrication constraints.
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From a performance standpoint, this configuration aims to ensure effective propellant
mixing, as the opposing injection flows directly collide. However, due to the limited
number of similar designs and studies, further simulations and experimental validation
are required to confirm the actual effects of this configuration.

Another consequence of this unique geometry is its impact on the expansion ratio.
Theoretically, the performance of the thruster improves with an increasing expansion
ratio. In a conventional rocket with a circular throat and exit, the expansion ratio increases
quadratically with the exit width, assuming a constant throat area. In contrast, for MEMSs,
the relationship is linear, which limits the maximum expansion ratio achievable by the
nozzle design. However, recent research from DLR indicates that an excessively large
expansion ratio can paradoxically hinder fluid movement in a micro-scale planar nozzle
due to the dominance of boundary layers in laminar flow [22]. This finding reduces the
impact of the expansion ratio limitation on the overall thruster performance.

2.3. Preliminary Design

The combustion chamber of the baseline design is longer than that of a conventional
system to ensure complete combustion before the flow reaches the throat. Since there is
no precise method to predict the effect of cross-flow on reaction efficiency, the optimal
design of the combustion chamber must be analyzed based on the simulation results of the
reaction within this extended length.

As previously mentioned, the geometry is etched into silicon carbide, resulting in a
high aspect ratio and a rectangular cross-section. The distance from the throat to the exit
is 4.6 mm, with a throat width of 0.3 mm and a nozzle depth of 1 mm. The combustion
chamber is 9.6 mm long and 4.0 mm wide. The exit width is 1.5 times that of the combustion
chamber, yielding an exit width of 6 mm. In this design, the expansion ratio is set to 20,
with the exit width being the upper limit of the design. This constraint aims to control the
overall size of the thruster. Subsequent simulations will investigate the effects of wider exit
widths on performance.

The propellant injectors are positioned at the top of the combustion chamber, with
five rows of eleven injectors on each side. The fuel injector diameter is 0.032 mm, while the
oxidizer injector diameter is 0.06 mm. The thruster features two propellant inlets on the
sides, one for fuel and one for oxidizer, each with a width of 0.6 mm. The fuel and oxidizer
enter through the main inlets and are then distributed into ten horizontal channels before
being directed to the injectors. The key dimensions of the combustion chambers can be
found in Figures 2 and 3.
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Figure 3. Central section of the baseline design.

The propellant mass flow is about 0.2562 g/s, 0.0513 g/s of fuel, and 0.2049 g/s of
oxidizer. The theoretical specific impulse Isp is considered equal to 298.9 s, as mentioned
in Section 2.4. The thrust is expected to be 0.75 N, as deduced from the mass flow ṁ and
specific impulse Isp [23].

T = Isp
.

mg0, (2)

However, the specific impulse is a theoretical value calculated by software; the ac-
tual performance of the thruster might not be so ideal, especially in MEMS. The planar
combustion chamber with dimensions inhibits the formation of turbulence. Most of the
previous MEMS thrusters operated with a complete or partial laminar flame and lower the
specific impulse.

2.4. Methodology

The fluid dynamics of a series of designs are simulated using CFX (Ansys 2023 R2).
Figure 4 shows the fluid model. The optimal combustion chamber length is primarily
determined by identifying the position at which the concentration of reaction products
stabilizes. Another key variable is the expansion ratio—designs with wider exits are tested
to evaluate their potential impact on thrust performance. Each design simulation involves
approximately 3–3.5 million mesh elements. Due to the small dimension, the Reynolds
number of fluids in this thruster is relatively low; the transition between laminar and
turbulent flow may occur anywhere within the thruster. Consequently, the turbulence
model used is SST, which could well consider the transition of flow. The wall is no-slip. The
combustion model employed is Eddy Dissipation. This is a default combustion model in
CFX; it uses the rate of dissipation of eddies containing reactants and products to determine
the reaction rates [24].
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Due to the characteristics of CFX, the molar coefficients of reactants and products
should be determined before simulation. Consequently, the reaction equilibrium in
Equation (1) is used in the CFX simulations.

Once the optimal design is identified, the corresponding thruster structure will be
developed. A subsequent thermo-mechanical simulation will then be conducted to as-
sess whether the structure can withstand the high temperatures and pressures generated
during combustion.

The determination of the expansion ratio is more complex, as it involves balancing
performance, volume, and mass. In particular, for a planar nozzle, the expansion ratio
increases linearly with the outlet dimension. This results in a significant reduction
in the performance gain from a larger outlet, as the increase in specific impulse is
counterbalanced by the growth in mass and volume. Excessive mass negatively impacts
the thrust-to-weight ratio, while excessive volume limits the number of thrusters that
can be produced per unit of wafer, thereby reducing mass production efficiency and
increasing overall costs.

Theoretical specific impulse evaluation indicates that when the expansion ratio reaches
approximately 20, the subsequent increase in specific impulse slows down, as depicted in
Figure 5. Considering that in this type of propulsion system the boundary layer has a strong
effect on the fluid behavior and on the performance, worsening as the aspect ratio increases,
the preferred value of the aspect ratio should be chosen in the lower range. As a result, the
baseline design sets the initial expansion ratio and the upper limit for the final design at 20,
since higher expansion ratios may generate a performance reduction, as will be detailed
in the following. The expansion ratio, length of the divergent nozzle, and the length of
the combustion chamber are interdependent; changes in one will influence the others.
Therefore, a compromise must be made between these three factors to accommodate the
overall dimensions, especially if the total length of the thruster with an optimal combustion
chamber exceeds 15 mm.
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3. Design Optimization
3.1. Description of the Dimensions

Different from a macro-scale rocket, the specific impulse of a micro-thruster will not
constantly increase with the expansion ratio. According to research by Dabuek Banuti [24],
there is a critical point where the boundary layer begins to expand and take the dominance
of the exhaust flow. This is the main reason for the reduction in propulsive performance in
micro-scale planar exits as the expansion ratio increases. Compared to a monopropellant
thruster with micro-scale planar nozzles developed by DLR, the optimal expansion ratio for
this thruster is significantly higher. The optimal expansion ratio of Banuti’s planar thruster
is around 10; meanwhile, the boundary layer in the baseline design still shows no sign of
overgrowth and competing for dominance of the flow. It might be because the bipropellant
flow exhibits a higher Reynolds number, which weakens the influence of the boundary
layer. Possible contributing factors include the following:

• The dimensions of the nozzle in this research are much larger, and the aspect ratio is
lower; it will make the boundary layer gain dominance in the flow more slowly.

• The velocity v of the fluid flow in bipropellant system is much higher than that of
monopropellant thruster, with the larger dimension mentioned above. Also, the
density ρ and dynamic viscosity µ of the flow are lower due to the temperature and
properties of different propellants. The differences might lead to a higher Reynolds
number according to the definition of Reynolds number (Equation (3)) [25].

Re =
ρυD
µ

, (3)

To verify this deduction, several models with larger expansion ratios were simulated.
The results presented in Figure 6 indicate that this phenomenon occurs when the expansion
ratio reaches 40. In these simulations, the chemical reactions were assumed to remain
unchanged, as the variation in the products’ ratio was sufficiently small to be considered
negligible, according to CEARUN. However, since the simulation model has not been
specifically validated and refined for the planar configuration, these simulations are not
yet accurate or reliable enough to qualitatively analyze the critical position.
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Figure 6. At the exhaust velocity of the additional simulation with expansion ratios of 30 and 40, the
acceleration is greatly influenced by the boundary layer. In the second figure, the isovelocity line of
the central fluid begins to show a tendency to contract inwards.

3.2. Validation of the Fluid Model

A simulation of the MIT MEMS thruster was conducted to validate the accuracy of
the combustion model. The key validation parameter is the specific impulse (Isp). In
MIT’s research, this parameter is determined through the thrust coefficient (CF) and the
characteristic velocity (C*) [25,26].

Isp = C*CF (4)

The combustion pressures in the MIT thruster experiment were 7 bar, 7.5 bar, and
12.3 bar, with corresponding thrust coefficients (CF) of 0.95 for both the 7/7.5 bar and
12.3 bar cases. According to Sutton, these values have been corrected to approximate an
ideal situation [23]. However, the low expansion ratio and combustion pressures result
in nearly a 10% reduction in thrust performance, which is attributed to the split plume
observed during the test [26].

The characteristic velocity c* is calculated based on the temperature, seen in Equation (5) [23].

C* =

√
RT0

Mγ

(
γ+ 1

2

) γ+1
2(γ−1)

(5)

where R is the gas constant, T0 is the combustion temperature, and M is the average
molecular mass of exhaust gas.

The final simulation results for MIT’s thruster align well with the adiabatic calculations
based on experimental data. The comparison is offered in Table 4. Although the local boiling
effect and ambient environment were not considered in the simulation, the agreement
between the experimental and calculated results is sufficient to demonstrate the reliability
of the simulation model.

Table 4. Comparisons among simulations and calculated and experimental results of MIT MEMS
thruster performance.

Result Combustion Parameter T0, K M, kg/mol Isp, s

Series 1

Experiment
Pc = 7 bar, O/F = 2.1 N/A N/A

145

Calculated 170

Simulated Pc = 6.7 bar, O/F = 2.1 2574 0.0166 169

Series 2

Experiment
Pc = 7.5 bar, O/F = 2.4 N/A N/A

146

Calculated 179

Simulated Pc = 7.6 bar, O/F = 2.4 3005 0.0182 175
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Table 4. Cont.

Result Combustion Parameter T0, K M, kg/mol Isp, s

Series 3

Experiment
Pc = 12.3 bar, O/F = 2.4 N/A N/A

149

Calculated 176

Simulated Pc = 13.3 bar, O/F = 2.4 3008 0.0182 175

The experimental performance showed a reduction of approximately 15% compared
to the calculated and simulated results. The primary causes for this discrepancy were
unpredictable losses, which could not be accounted for in theoretical estimations, such as
local propellant and coolant boiling, roughness of the combustion chamber inner walls due
to MEMS fabrication, and the low ratio between combustion chamber pressure and ambient
pressure [26]. For the thruster discussed in this paper, although the exact performance losses
will need to be determined through further experiments, it is anticipated that these losses
will be smaller due to advances in the manufacturing process and a higher combustion
pressure to external pressure ratio.

3.3. Fluid Model and Performance

The simulation results indicate that a combustion chamber length of 5.6 mm is optimal.
In the baseline design simulations, the compositional ratios of the combustion products sta-
bilize around this length. The distribution of products can be found in Figure 7, meanwhile
the distribution of exhaust velocity can be found in Figures 8–10.
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The key dimension and performance of the final fluid model can be found in Table 5:

Table 5. Key parameters of the final design.

Characteristics Parameters

Chamber height, mm 1
Combustion chamber length, mm 5.6

Total length, mm 10.2
Throat width, mm 0.3

Exit width, mm 6
Expansion ratio 20

Max. combustion temperature, K 3089
Specific impulse, s 243

Estimated thrust, N 0.61
Ave. exhaust velocity, m/s 2623
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This final design’s molar fractions of products are close to the ideal situation, as Table 6
demonstrates. All deviations are lower than 1 percent. The molar fractions of ethane and
nitric oxide in the throat are 0.00101 and 0.00150. Considering the 243 s of specified impulse
in simulation, this design achieves the expected performance. The flow contour at the exit
enlarges significantly. Simulation results show the boundary layer at the nozzle slowly
grows and interacts with the central flow. The general flow behavior is similar to the
simulation result of viscous flow in a planar nozzle that is performed by DLR [22].

Table 6. Product analysis.

Composition Setup Fractions Fraction in CFD Deviation, ‰

CH4 0.00360 0.00357 0.83
CO 0.19412 0.19300 0.58
CO2 0.06278 0.06255 0.37
H2 0.34728 0.34580 0.43

H2O 0.03626 0.03574 1.43
N2 0.35594 0.35680 0.24
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4. Final Design
4.1. Thruster Structure and Fabrication Design

The geometry of the thruster is a rectangular body. The dimensions are 11 × 8 × 3 mm3.
The structure is combined by four wafers, which will be bonded together, as Figure 11 shows.
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Figure 11. The thruster, measuring 11 × 8 × 3 mm3 and made from silicon carbide, consists of four
bonded layers: Layer 1 contains propellant channels and injectors; Layers 2 and 3 manage propellant
distribution and injector alignment; and Layer 4 integrates inlets and inversely aligned channels.
This layered design enables compact integration for MEMS-based manufacturing.

The four layers contain the combustion chamber, propellant channels, and nozzle.
The thruster also has a slot for embedding ignitors and other electronic components. The
patterns on the wafers are fabricated by etching; the process is similar to the milling
technique or a subtractive manufacturing version of the fused deposition modeling 3D
printing technique. The geometry is etched on a complete wafer and deepened layer by
layer. Figure 12 illustrates each of the 4 layers.
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Layer 1 is one of the side layers. It contains the propellant channels connected to
the injectors.
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Layer 2 is in the middle, containing half of the injectors and the channels that allow
the propellant to flow into Layer 4.

Layer 3 is almost the same as Layer 2. However, the distribution of fuel and oxidizer
injectors ensures that each injector will face the other kind of injector. In this case, each fuel
stream will collide with an oxidizer stream.

Layer 4 is also similar to Layer 1 but with the inlets. Also, the distribution of fuel and
oxidizer channels is inverse with respect to Layer 1.

The thickness of Layer 1 and Layer 2 is 0.7 mm, while that of Layer 3 and Layer 4 is
0.8 mm. Both are standard thicknesses of commercial silicon carbide wafers.

The material is silicon carbide, whose density is 3160 kg/m3. From the CAD software
(Creo Parametric 9.0.0.0), the dry mass of the thruster m = 0.59 g can be deduced. Combining
the 0.61 N of thrust, the thrust-to-weight ratio can reach about 105. For a rocket engine,
especially a 1N-level thruster, this performance is quite excellent.

Table 7 shows the performance comparison of MEMS thruster with some typical space
thrusters. Incorporating a comprehensive propulsion system into consideration can signifi-
cantly enhance this performance. As previously discussed in Section 2.1, the propellant
feed system can be designed as self-pressurized or gas-pressurized, owing to the relatively
low combustion pressures involved. This design flexibility allows for a streamlined propul-
sion supply system with fewer valves and components, thereby reducing complexity and
potential points of failure. Consequently, MEMS thrusters equipped with a high-pressure
propellant supply system can achieve a lighter and more efficient configuration.

Table 7. Comparison among MEMS thrusters and other ordinary space thrusters for small satellites
and low-thrust maneuvers [12,27–30].

Thruster Specific Impulse, s Nominal Thrust, N T/W Ratio

MEMS Thruster 243 0.61 105
MIT Bipropellant 160 1 85

LEROS 1b 317 635 14
Ariane 10N Bi Apogee 220 10 3

Ariane 1N Hydrazine Thruster 230 1 0.35
ECAPS 100 mN HPGP Thruster 200 0.1 2.6

4.2. Thermal Performance

To reduce the simulation difficulty, the surfaces of the thruster are divided into the
following three selections: fuel channel (FChannel), oxidizer channel (OChannel), and
combustion surface. Figure 13 shows each of the 3 parts.
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The heat transfer coefficient is calculated to provide heat load on the inner wall of the
combustion chamber. This calculation is based on the concept of the Nusselt number, Nu, a
non-dimensional parameter that describes the heat transfer coefficient. The definition of
the Nusselt number is expressed as follows [25]:

Nu =
hgD
κ

(6)
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where hg is the heat convection coefficient, D is the characteristic diameter of the channel,
and κ is the heat conduction coefficient. When the temperature is uniform, Nu is 3.66; when
the heat flux is uniform, the value is 4.36. In the simulation, the gas in the combustion
chamber and the nozzle are regarded as a uniform temperature, and the wall of the
propellant channel is regarded as a uniform heat flux. The data can be found in Table 8.

Table 8. hg in different positions [19,31].

Position Fuel Channel Oxidizer Channel Combustion Chamber

Hydraulic Diameter 0.27 mm 0.27 mm 1.6 mm
Conv. Coefficient 565 W/(m2·K) 969 W/(m2·K) 474 W/(m2·K)

Position Fuel Channel Oxidizer Channel Combustion Chamber
Nusselt Number 4.36 4.36 3.66

When a large rocket is reduced in size, the weight decreases much faster than the
thrust, which means that the T:W increases rapidly. Theoretically, the increase in thrust-to-
weight ratio is proportional to the decrease in characteristic throat dimensions. However, in
practice, the result is not as good as expected because a small propulsion system usually has
larger heat losses and less reaction efficiency, which leads to less thrust and specific impulse
due to the larger specific surface area and lower characteristic length. In addition, the
material of a micro-propulsion system is weaker than that of large rockets, so combustion
pressure and temperature cannot reach optimal conditions. However, the proven T:W of
earlier designs still easily reached 85, even when the combustion chamber pressure is less
than 10% of a common large rocket [12].

The simulation result, listed in Table 9, shows that the highest temperature in the
structure is less than 1300 ◦C. The average value is 1160 ◦C and the highest temperature
on the structure is 1263 ◦C. This is much lower than the temperature the silicon wafer
can withstand. This indicates the fact that the thruster still has a large thermal potential
to withstand combustion with higher temperatures and performance. The results of the
visualization are also shown in Figure 14.

Table 9. Thermal load setup.

Position Parameter Value Ambient Temperature

Oxidizer Channel Conv. Coefficient 969 W/(m2·K) 727 ◦C
Fuel Channel Conv. Coefficient 565 W/(m2·K) 727 ◦C

Combustion Chamber Conv. Coefficient 474 W/(m2·K) 2816 ◦C
Wall Emissivity 0.86 0 ◦C
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4.3. Challenge on Experiment

Before proceeding to a detailed experimental design, the following several challenges
should be considered:

• Fabrication

Unlike mass-produced products, which benefit from economies of scale through
continuous fabrication processes, the low-volume production of MEMS prototypes remains
prohibitively expensive, with costs often exceeding €10,000 per unit. While the inherent
cost advantages of MEMS fabrication become more pronounced in large-scale production,
these benefits diminish in the context of prototype development and iterative testing. This
is primarily due to the substantial costs associated with the production of masks and molds,
which are required in low-throughput manufacturing scenarios. By the conclusion of this
research, there were still no MEMS manufacturers who could provide an economically
viable solution for low-scale prototype fabrication. Among the potential solutions, laser
processing and micro-machining techniques emerge as promising alternatives, offering the
precision and flexibility necessary for efficient prototype development and testing iterations.
Also, the machining velocity is faster since there are only 1–3 prototypes to make.

• Ignition

Electrode and heater are both candidates for ignitor. These two options require
different etching features on the layers. If the electrode is chosen, another one or more pairs
throughout holes will be created, located at the wall of the combustion chamber. These
holes will be inserted by tungsten electrodes. The electrodes will create a 1-mm-long arc,
which runs through the combustion chamber to ignite the mixture.

For the heater, the tungsten layer will be put in the middle of the combustion chamber.
During the operation, the layer will be heated to over 1200 ◦C to provide the activation
energy for combustion. For this option, two small slots are etched above the combustion
chamber to embed the wire of the heater. They protrude from the top of the thruster and
connect to the power source.

No matter which method is chosen, a new challenging fabrication process will be
added. Most are about sealing after new features are created. In addition, for the heater
option, the heater needs to be embedded before the bonding process. All those additional
techniques will lead to more technical challenges and costs, which are unworthy and
unnecessary for prototype fabrication and low-volume manufacture.

Consequently, all features for the ignition system will not be designed in this phase.
The two ignitors will be manufactured independently. In the experiment, ignitors will be
inserted into the combustion chamber through the outlet. Other objectives of this experi-
ment include the collection of ignition performance (time, power requirement, reliability,
lifetime, etc.) and the choice of a better option for the next step of development.

It should be noted that inserting two electrodes from the outlet is impossible since the
smallest cross-section area is only 0.3 mm2 (cross-section area of the throat). Consequently,
like what Adam London did in his Ph.D. thesis [26] the arc creator will be produced by a
pair of twisted magnets.

5. Conclusions
The simulation phase of this design has been completed. Overall, the combustion

characteristics, including product fractions and thrust performance, closely align with the
expectations, which provides preliminary evidence of the simulation’s reliability. Based on
these results, further prototyping and refinement can proceed.

The simulation results demonstrate that the geometry and structure of the system
exhibit promising performance, suggesting significant potential for further development.
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Compared to electric propulsion, chemical propulsion offers a substantially higher thrust
for the same mass and volume. Additionally, the bipropellant design enhances the specific
impulse of the MEMS thruster when compared to traditional monopropellant systems.
The compact geometry and efficient structure of MEMSs enable the integration of all
necessary functions with a reduced mass and volume. In summary, the bipropellant MEMS
propulsion system provides an optimal balance between specific impulse, thrust, structural
simplicity, and mass, enabling small spacecraft to perform a broader range of orbital
maneuvers, including impulsive orbit transfer. This advancement opens new possibilities
for small satellite missions.

The forthcoming stages of this research will primarily focus on optimizing ignition
techniques and further refining the associated fabrication methods. An alternative small-
scale production method is necessary for experiment and iteration.
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